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This paper investigates the compression failure of carbon fiber-epoxy laminates when exposed to fire. The
investigation gives insights into the softening and failure of carbon-epoxy laminates supporting compression loads in
the event of aircraft fire. A thermomechanical model is presented for calculating the compression properties and
failure of polymer matrix laminates under combined loading and one-sided heating by fire. The accuracy of the
model to predict the failure time of carbon-epoxy laminates at different compression load levels and fire
temperatures is determined with structural fire tests performed on woven carbon-epoxy panels. The model predicts a
gradual increase in the failure time of the laminate with decreasing compression stress (down to 10% of the room
temperature buckling load) and decreasing heat flux (or temperature) of the fire. This was confirmed by the fire tests,
which showed good agreement between the calculated and measured failure times. Compression failure of the
laminate usually occurred within relatively short times (less than a few minutes) by viscous softening of the polymer
matrix. For long failure times, matrix decomposition was shown to influence the failure process. Parametric analysis
using the model reveals that raising the glass transition temperature of the polymer matrix increases the compression
failure time of laminates in fire. However, only small improvements to the failure time are achieved by raising the
glass transition temperature of laminates exposed to high-temperature fires typical of postcrash aircraft accidents.

Nomenclature

rate of resin decomposition

specific heat of laminate

activation energy for resin decomposition
thickness of the laminate

enthalpy of laminate

enthalpy of volatile gases

thermal conductivity of laminate

mass flux of volatiles

= number of Simpson integration intervals

reaction order of decomposition process

an empirical exponent of the remaining resin content
fitted to experimental data to best describe the order
of the relationship between polymer mass loss and
residual strength

0, = decomposition energy of polymer matrix
remaining resin content

temperature

chemical glass transition temperature

mechanical glass transition temperature

heating time

final remaining mass fraction of polymer resin
through-thickness coordinate

heating rate of laminate

laminate density

room temperature compression strength

residual compression strength

compression strength as a function of temperature
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o(x;) = strength at position x; in the through-thickness
direction of the laminate
® = rate of strength decay

I. Introduction

ODERN aircraft design incorporates carbon fiber-epoxy

composite materials into primary load-bearing structures such
as the fuselage, wings, wing-box, and empennage. When exposed to
fire, carbon-epoxy composite responds differently to traditional
aerospace structural metals such as aluminum and titanium alloys.
The structural properties of carbon epoxy decrease more rapidly than
those of aerospace metals when exposed to fire. The compression
stiffness and strength of carbon epoxy is reduced by 50% when
heated to 80-150°C (depending the glass transition temperature of
the epoxy matrix). In comparison, the properties of aircraft-grade
aluminum alloys (e.g., 2024 Al, 7075 Al) and titanium alloy (Ti-6Al-
4V) are reduced by one half when heated to about 200 and 500°C,
respectively. In addition to mechanical softening, the epoxy matrix
may ignite when exposed to moderate temperature fire. As the epoxy
matrix decomposes it releases heat, smoke, and potentially toxic
fumes. Unlike metallic structures, composites have the potential to
add to the fuel load of the fire due to the combustibility of the epoxy
matrix.

Passengers and crew are exposed to hazards caused by softening
and pyrolysis of carbon-epoxy structures in the event of an aircraft
fire. The temperature of postcrash aircraft fires depends on several
factors, including the fuel load, wind speed, and oxygen availability,
although values as high as 1000—1200°C are expected. This may lead
to structural weakening, distortion, and eventual failure of the
fuselage, which hinders the escape of passengers in a postcrash fire.
The fire-reaction properties of carbon-epoxy laminates have been
extensively studied, including their ignition times, heat release rates,
smoke, gas emissions, and flame spread properties [1-7]. However,
the structural response of carbon-epoxy laminates to fire is less well
understood. The survival time and failure of composite structures
during fire is critical to aircraft safety, but relatively little research into
their fire structural properties has been published [8].

This paper investigates the compression properties and failure
of carbon-epoxy composite when exposed to fire. Compression
loading is important when considering the performance of structural
columns such as longerons and fuselage skins. The paper presents a
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thermomechanical model developed by Feih et al. [1] to calculate the
reduction to the compression strength and predict the onset of failure
of fiber-polymer laminates exposed to fire. The accuracy of this
model to predict the failure of carbon-epoxy laminate panels is
evaluated using experimental data from fire structural tests. A
carbon-epoxy laminate was tested under different compression load
levels while simultaneously being heated from one-sided radiant heat
fluxes of 10 kW /m? (maximum temperature of 270°C), 25 kW /m?>
(480°C), and 50 kW /m? (650°C). The test data is used to assess the
accuracy of the thermomechanical model in predicting compression
failure times of carbon-epoxy laminates in fire. The paper also
examines the effect of the softening (glass transition) temperature of
the polymer matrix on the structural survival time of carbon fiber
laminates in fire.

II. Thermomechanical Model

Feih et al. [1] developed a thermomechanical model to calculate
the compression properties and failure of hot decomposing fiber-
polymer laminates exposed to one-sided heating, before ignition. A
full description of the model is provided by Feih et al. [1], and
therefore the model is only briefly described here. The model
involves a decoupled, two-step analytical approach. The first step is
the thermal model, which calculates the temperature rise and extent
of decomposition to the laminate when exposed to fire. Based on the
calculated temperature profile (which may also be measured), the
second step is the mechanical model, which calculates the reduction
in compression strength of the laminate as it softens and decomposes
to the point of final failure.

The first step in the analysis involves calculating the temperature
profile in the through-thickness direction using the thermal model.
Unlike for metals, the temperature distribution in composite lami-
nates exposed to fire is influenced by three energy transfer processes:
1) heat conduction from the fire/laminate interface into the material,
2) absorption of heat by the (endothermic) matrix decomposition
reaction, and 3) convective flow of volatiles generated by decom-
position of the polymer matrix.

The one-dimensional governing equation to calculate the
temperature rise with increasing heating time (97'/9¢) is expressed
as [9]

0

¢ dx

T 9

P 5 = o hg (1)

aT oM .
(ka) _pW(QP +hc—h)—M

The three terms on the right relate to heat conduction, resin decom-
position, and volatile convection, respectively. The resin decom-
position term is negative when the decomposition process is
endothermic and positive when exothermic. Most polymers
(including epoxies) decompose by endothermic reactions, and so
this term is negative in Eq. (1). The last term is also negative because
the convection of volatiles has a cooling effect on the laminate. An
additional decomposition term for the oxidation of carbon fibers in
fire, which is an exothermic process, could be included in Eq. (1).
However, the model currently assumes that carbon fibers remain inert
during temperature exposure, which led to good predictions for glass
fiber composites [1]. Decomposition of the polymer matrix occurs at
a faster rate than oxidation of the carbon fibers, and therefore it is
assumed that the laminate fails under compression loading before
significant fiber oxidation occurs.

Once the temperature profile has been obtained, the next step in the
analysis is to apply this information to the mechanical model to
calculate the reduction to the compression strength in the through-
thickness direction. Compression strength degradation is a two-step
process that is dominated by viscous softening and decomposition of
the epoxy matrix. The carbon fibers also lose strength at high temper-
atures, but the fiber softening kinetics are ignored in the mechanical
analysis because compression strength is a matrix-dominated
property. However, fiber softening is an important consideration for
the degradation of tension strength and other fiber-dominated
properties in fire [10]. The reduction in compression strength with
increasing temperature of the carbon-epoxy laminate used to validate
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Fig. 1 Softening of the carbon-epoxy laminate with increasing

temperature. The data points are the compression strength measured

under isothermal conditions. The curve is fitted using Eq. (2).

the model is shown in Fig. 1. This figure shows the loss in strength
under isothermal conditions, and not transient thermal conditions
experienced in fire. The laminate begins to lose strength at a critical
softening temperature due to viscous softening of the epoxy matrix
T,,- The rate of decline is greatest around the mechanical glass
transition temperature 7 and the compression strength then stabi-
lizes at a low residual value at temperature T',. At higher temper-
atures (typically 350-500°C) the residual compression strength falls
to zero due to decomposition of the epoxy matrix. Gibson et al. [9]
expressed the relationship between compression strength and
temperature of fiber-polymer laminates using the semiempirical
expression

o.(T) = [UC(O) 42- o.(R) 0.(0) ; 0.(R)

"R (T)" 2

tanh(®(T — Tk))]

Room temperature strength ,.(0) can be calculated using laminate
theory or measured. Residual strength o.(R), mechanical glass
transition temperature 7, and the rate of decay ® must be fitted to the
elevated temperature compression test data for the material. The
remaining resin content R, is used as a scaling function to account
for strength loss due to decomposition of the polymer matrix. The
exponent n; is an empirical value fitted to experimental data to best
describe the order of the relationship between polymer mass loss and
residual strength.

The compression strength is calculated using Eq. (2) as a function
of temperature at a number of locations in the through-thickness
direction of the laminate. The average bulk compression strength is
then determined by integrating these values over the thickness of the
laminate using Simpson numerical integration according to

)2 h
[ 009 = 5[0t + 40(x) + 20(x) + . 2005

+ 4o () + o(xy)] 3)

1 [+h/2
Oyy = 7[ O'(X) dx (4)
hJ_wp

where m is the number of Simpson integration intervals and 4 is the
laminate thickness.

The mechanical model assumes that all plies fail simultaneously
once the residual compression strength of the hot laminate falls
below the value of the applied compression stress. Because of the
relatively short failure times of carbon-epoxy laminate in hot fires,
the mechanical model assumes that time-dependent viscoelastic
softening effects (such as creep) do not influence the failure. As
mentioned, it is also assumed that softening and oxidation of the
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carbon fibers does not affect the failure process, which is controlled
by the matrix properties of the laminate.

III. Experimental Procedure

The composite used to assess the accuracy of the thermomechan-
ical model was a [0/90] woven carbon-epoxy laminate. The carbon
fabric used in the laminates contained 24 K polyacrylonitrile (PAN)-
based carbon fibers woven in a [0/90] pattern with an areal density of
600 g/m?. The epoxy was a low-temperature cure resin (Kinetix®
R118). The epoxy was infused into the carbon fabric using the
vacuum-assisted resin transfer molding process. After infusion, the
laminate was cured at room temperature and then postcured at 120°C
for two hours. The fiber volume content of the cured laminate was
55%. The carbon epoxy is not an aerospace-grade material due to the
type of epoxy used as the matrix phase. The glass transition
temperature 7', of the cured laminate was only 65°C, which is much
lower than the 7', values of 120-180°C for aerospace-grade carbon-
epoxy materials. While the test laminate is not an aircraft-grade
material, it is still relevant because the fire structural model is
applicable to both aerospace and nonaerospace laminates.

Thermogravimetric analysis (TGA) was undertaken to study the
decomposition behavior of the epoxy resin and PAN-based carbon
fibers (Fig. 2). TGA revealed that the decomposition temperature
range of the laminate increased with the heating rate, and most of the
mass loss occurred between 320 and 450°C. TGA also revealed that
carbon fibers oxidize in the presence of oxygen and decompose
within a temperature range of 500-600°C. These decomposition
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Fig. 2 Thermogravimetric analysis of the a) epoxy resin in nitrogen
atmosphere at three different heating rates of 10, 20, and 40°C/ min
(solid lines are fitted curves), and b) carbon fibers measured under
isothermal conditions in air.

temperature ranges are typical for the epoxies and carbon fibers used
in aircraft structural composites.

Fire structural tests were conducted to validate the thermome-
chanical model for carbon-epoxy laminate using a novel fire-under-
compression test, which is shown schematically in Fig. 3. The
laminate specimens were axially loaded in compression and simul-
taneously heated on one side using a radiant heater. Tests were
performed at incident heat fluxes of 10, 25, and 50 kW/m?2, which
heated the laminate surface to maximum temperatures of about 270,
480, and 650°C, respectively. The temperatures were measured using
thermocouples located at the heated and unheated sides of the
laminate specimen together with a thermocouple located in the center
of the laminate. The specimens were 9.5 mm thick, 50 mm wide, and
560 mm long, although only a 100 mm long section at the middle was
heated during testing. Tests were conducted at compression stress
levels between 5 and 60% of room temperature Euler buckling load.
The specimen was deemed to have failed after it could no longer carry
the applied compression stress, and this coincided with unstable
microbuckling and collapse.

The fire structural tests were performed using heat flux levels
(< 50 kW/m?) typical of an in-flight fire, but below that experienced
in postcrash fires involving burning jet fuel when the heat flux can
exceed 125 kW/m?. Performing the fire tests at high flux values
(>125 kW/m?) would have resulted in very short failure times for
the test laminate (less than a few seconds). Such short times have
limited value in assessing the accuracy of the model for longer failure
times. Similarly, the stress levels applied to the laminate during
testing were lower than structural stresses on aircraft. The application
of high stresses on the laminate would also have resulted in very short
failure times, thereby limiting the validation of the model.

IV. Results and Discussion

Figure 4 shows the temperature profiles measured at the heated
surface, center, and unheated surface of the carbon-epoxy laminate
when exposed to radiant heat fluxes of 10, 25, and 50 kW /m?. These
heat flux values were selected to induce different types and amounts
of softening to the laminate specimens. The laminate reached a
maximum temperature of ~270°C when tested at 50 kW /m?, which
is above the temperature range for viscous softening of the polymer
matrix (50-100°C) but below the decomposition temperature of the
matrix (300-450°C) and fibers (>500°C). Therefore, the specimens
tested at 10 kW/m? experienced viscous softening of the epoxy
matrix, but decomposition of the matrix or fibers did not occur. The

applied

compression load

Ceramic
blanket

Composite
specimen

Fig. 3 Schematic of the fire structural testing of the laminate specimens
under combined compression loading and one-sided heating.
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Fig. 4 Experimental temperature profiles at the heat flux ¢ values of
a) 10, b) 25, and ¢) 50 kW/m?.

heat flux of 25 kW/m? heated the laminate surface to a maximum
temperature of 480°C after several minutes, which is above the
matrix decomposition temperature. However, the unheated surface
remained below the decomposition temperature. Therefore, the
specimens tested at 25 kW /m? experienced viscous softening and
decomposition of the epoxy matrix close to the heated surface and
viscous softening only (without decomposition) toward the unheated
surface. The temperatures at 25 kW /m? were too low to cause fiber
oxidation. The highest heat flux of 50 kW /m? heated the laminate
surface to ~650°C, which would cause softening and decomposition
of the polymer matrix and oxidation of the carbon fibers. The
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Fig. 5 Predicted (curves) and measured (data points) failure times of
the carbon-epoxy laminate for different heat flux levels. The buckling
stress at room temperature is 64 MPa.

temperatures at the center and unheated surface were also high
enough to cause matrix decomposition but too low for fiber
oxidation.

Figure 5 shows the effect of compression load on the failure time of
the carbon-epoxy laminate when exposed to the heat fluxes of 10, 25,
and 50 kW/m?. As expected, the failure time decreases with
increasing compression load or heat flux. This behavior has been
found previously for nonaerospace types of polymer laminates, such
The failure times for the carbon epoxy are very short (under several
hundred seconds) when subjected to compression loads more than
about 10% of the buckling stress. The short failure times are observed
for the three heat flux levels, even with the lowest value of
10 kW/m?. The heat flux of hydrocarbon fuel fires in postcrash
aircraft accident can exceed 50 kW/m? (>700°C) due to the high
fuel load, and the results presented in Fig. 5 indicate that this carbon-
epoxy material will have short survival times before failing under
compression loading.

The curves in Fig. 5 show the failure times calculated using the
thermomechanical model, and there is reasonable agreement with the
measured times. The failure times were calculated based on the
temperature rise from the measured thermal profiles (Fig. 4). A
gradual increase in the failure times when the compression stress is
reduced down to 10% is predicted by the model. The model also
predicts that the laminate will have relatively long failure times when
the load is under 10%, and this is in agreement with the measured
times. It appears, therefore, that the model can estimate the survival
time of compression-loaded carbon-epoxy laminates when exposed
to fire.

Figure 6 shows the typical appearance of a failed specimen
following fire structural testing above 10% load. The material is
extensively delaminated and the heated surface plies have failed by
microbuckling. There is no evidence of widespread decomposition
of the epoxy matrix to carbonaceous char, mainly because the failure
times were too short to allow significant heating and pyrolysis.
Failure occurred by viscous softening of the epoxy matrix close to the

Fig. 6 Cross-sectional view of a failed carbon-epoxy laminate specimen
showing microbuckling of the near-surface plies and delamination
cracking between the plies. The upper surface was exposed to the radiant
heat flux while the specimen was loaded in compression.
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heated surface, which reduced the compression stress needed to
induce microbuckling and collapse of the load-bearing plies.
Thermal softening of the matrix also reduced the interlaminar frac-
ture toughness that resulted in extensive delamination cracking. The
thermomechanical model does not consider delamination cracking
and microbuckling in the calculation of the failure time; the analysis
is based on the reduction in strength due to resin softening and
decomposition. Nevertheless, the model can estimate the failure
times with reasonable accuracy. This is the case as delaminated plies
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Fig. 7 Effect of the glass transition temperature on the compression
failure time of carbon-fiber laminates exposed at heat fluxes of
a) 10 kW/m?, b) 25 kW/m?, and c) 50 kW/m?.

have negligible strength at high temperature and therefore do not
contribute significantly to the load-bearing cross section.

The observation that matrix softening controls compression fail-
ure suggests that the failure time for laminates should increase with
the glass transition temperature of the polymer matrix. Parametric
analysis using the thermomechanical model was performed to
theoretically assess the influence of glass transition temperature on
the failure times for carbon fiber laminates subjected to different
compression stress levels and heat fluxes. The glass transition tem-
peratures selected are representative of different polymers used in
aerospace structural composites: bismaleimide (7, = 200°C), high-
temperature cure epoxy (7, = 175°C) and low-temperature cure
epoxy (T, = 125°C), as well as the epoxy used in the laminate
specimens (T, = 65°C). In the analysis, it is assumed that the room
temperature compression strength and thickness of the different
composite panels are the same values. The analysis is presented in
Fig. 7 for heat fluxes of 10, 25, and 50 kW /m?. The failure times
increase progressively with the glass transition temperature for all
compression load levels. This proves that increasing the glass
transition temperature will extend the structural survival time of
laminates carrying compression loads when exposed to fire. The
analysis also reveals that increasing the glass transition temperatures
results in a greater improvement to the failure times for lower
temperature (heat flux) fires. The failure times increase more rapidly
with the glass transition temperature when the heat flux of the fire is
reduced. This implies that large improvements to the survival time of
structural composites with high T, resins will occur in relatively low-
temperature fires because of the slow heating rate, but only small
improvements will occur in very high-temperature fires because the
heat-up rate is much faster. Therefore, the use of high-temperature
polymers in structural laminates in aircraft is not expected to
significantly improve the failure time in the event of postcrash fires
involving high temperatures.

V. Conclusions

The compression properties and failure time of carbon-epoxy
laminates when exposed to fire can be estimated using the thermo-
mechanical model developed by Feih et al. [1]. The model predicted
an improvement to the failure time of the laminate when the applied
compression stress or heat flux was reduced, and this was confirmed
using experimental data from fire structural tests. The model
predicted a slow increase in the failure times when the applied
compression stress was reduced from high values down to 10% of the
Euler buckling stress of the laminate specimen. The model also
predicted much longer failure times when the compression stress was
under 10% and the heat flux was relatively low. These trends were
validated with the experimental data. Compression failure of the
composite occurred by microbuckling of the load-bearing plies and
delamination cracking between the plies, which was caused by
viscous softening of the epoxy matrix. Failure can occur before any
widespread decomposition of the matrix phase or oxidation of the
carbon fibers occurs in the laminate.

Parametric analysis using the model revealed that improvements
to the compression failure time of carbon fiber laminates can be
achieved by increasing the glass transition temperature of the poly-
mer matrix. The failure times increase with glass transition temper-
ature at a faster rate when the heat flux of the fire is reduced, due to the
slower heating rate and softening rate of the matrix phase. The
modeling reveals, however, that for postcrash aircraft accidents
involving hydrocarbon fuel fires where the flame temperatures can
exceed 800°C, the improvement in the failure time from composites
with a high T, resin will be only slightly better than a low T, matrix.
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